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A Mach 3.0 axisymmetrlc i n l e t  having both ex terna l  and i n t e r n a l  com- 
pression w a s  evaluated i n  the  Lewis 10- by 10-foot supersonic wind tunnel 
at Mach numbers from 2.0 t o  3.5. 
A t  Mach 3.0 a peak recovery of 83 percent was  obtained with 4.5 per- 
cent bleed on t h e  centerbody ahead of the throa t  and a cowl pressure drag 
coe f f i c i en t  of 0.012, based on maximum cross-sect ional  mea.  A t  Mach 2 .0  
t he  recovery increased t o  90.5 percent and the  cowl pressure drag coeff i -  
c i e n t  decreased t o  0.009, 
speed. 
: -  5 
. 
An addi t ional  7.5 percent bleed i n  the sub- 
sonic d i f fuse r  increased the recovery from 83 t o  87 percent at the  
INTRODUCTION 
For Mach 3.0 appl icat ions,  one type of induction system that appears 
a t t r a c t i v e  from a thrust-minus-drag standpoint i s  an axisymnetric 
external-internal-compression i n l e t  with a low drag cowl. 
recovery of 78 percent has been obtained with an i n l e t  of t h i s  type at 
Mach 3.0 with a c w l  pressure drag  coeff ic ient  of 0.01, a s  reported i n  
reference 1. The ex terna l  compression of t h i s  i n l e t  was achieved by a 
20G naif-angie cone, and t h e  i n t e r n a l  cmpressicm was generated by two 
oblique shocks off t he  cowl. 
A total-pressure 
Theoret ical ly  the  overa l l  total-pressure recovery of t h i s  i n l e t  could 
be improved by about 5 percent by replacing t h e  20' half-angle cone with 
an i sen t ropic  spike having the  same amount of turning. 
termine whether these gains could be achieved, an experiment.al program 
has been conducted on an i n l e t  ident ica l  t o  t h a t  of reference 1 except 
f o r  t h e  improved supersonic compression components, 
I n  order t o  de- 
I n  addition, bleed 
* T i t l e ,  Unclassified. 
on both centerbody and cowl w a s  provided i n  t h e  subsonic d i f fuser .  
inves t iga t ion  w a s  made i n  t h e  Lewis 10- by 10-foot supersonic wind tunnel  
at Mach numbers from 2.0 t o  3.5 and over a range of angle of a t tack ,  spike 
posit ion,  and i n l e t  mass-flow r a t i o .  
i n l e t  performance w a s  a l s o  obtained at the design Mach number of 3.0. 
This 
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SYMBOLS 
area 
maximum f r o n t a l  area, 283.5 sq in .  
projected i n l e t  area, 257.5 sq in .  
d i f fuser -ex i t  area, 138 sq in.  
diameter 
length 
Mach number 
mass flow 
t o t a l  pressure 
s t a t i c  pressure 
l inear  d is tance  
spike t r a n s l a t i o n  from design posi t ion,  p o s i t i v e  when spike i s  
extended 
Subscripts : 
av average 
d subsonic d i f fuse r  
i i n l e t  l i p  s t a t i o n  
max maximum 
min minimum 
X conditions a t  x-distance 
M 
I 
P 
0, 
W 
N 
0 free-stream s t a t i o n  
1 
2 
3 
4 
t h roa t  s t a t ion ,  x/Ld = 0,157 
survey s t a t ion ,  x/Ld = 0.32 
survey s t a t ion ,  x/Ld F 0.495 
d i f fuser -ex i t  s t a t ion ,  x/Ld = 1.00 
APPAFWtTJS AND PROCEDURE 
A t  a Mach number of 3.0 the  i n l e t  ( f ig ,  1) was designed f o r  99- 
percent to ta l -pressure  recovery through the  i n i t i a l  shock followed by 
i s en t rop ic  focused compression t o  an average Mach number of 2.37 a t  the  
cowl l i p  s t a t i o n  ( f ig ,  2) .  The l o c a l  flow conditions at t h e  cowl l i p  
s t a t i o n  and the  spike coordinates were obtained d i r e c t l y  frm t h e  r e s u l t s  
presented i n  t a b l e  I of reference 2. The inner surface of t he  cowl turned 
the  flow toward the  model axis i n  two s teps  of approximately 12O each and 
focused t h e  r e s u l t i n g  oblique shocks on the  sharp shoulder of t h e  center- 
body. Two-dimensional flow w a s  a s s u e d  t o  t r a c e  the  i n t e r n a l  shocks back 
t o  the  f o c a l  point.  A f l u s h  s l o t  was located on the  spike surface j u s t  
ahead of the f o c a l  point  t o  bleed off the boundary-layer a i r  p r i o r  t o  t h e  
high pressure rise associated with the i n t e r n a l  compression. The minimum 
area of t h i s  bleed s l o t  was about 5 percent of t he  i n l e t  capture area.  
The centerbody and cowl surfaces were a l ined  with t h e  l o c a l  flow d i r ec t ion  
behind t h e  oblique shocks. The supersonic d i f fus ion  reduced the  M8ch 
number t o  an average of 1.45 ahead of the terminal shock. Two hydraulic 
diameters of e s s e n t i a l l y  constant area were provided i n  the  i n i t i a l  p a r t  
of t he  subsonic diffuser ,  followed by an equivalent 12' conica l  a rea  
expansion back t o  the  simulated engine f ace ,  which w a s  located approxi- 
mately 1.5 i n l e t  diameters f r o m t h e  cowl l i p .  Flush bleed s l o t s  were 
located i n  the  d i f fuse r  on both cowl and centerbody at  t he  end of the  
constant-area sec t ion  (f ig .  2 ) .  
w a s  about 7 percent of the  i n l e t  capture area.  
The t o t a l  open area of the bleed s l o t s  
0 The cxterna l  cowl l i p  angle of 7.5 w a s  ,held constant back t o  the  
maximum body diameter, which r e su l t ed  i n  a cowl projected &re8 cf 9 Ter -  
cent of the  maximum cross-sect ional  area. Theoretical  cowl pressure 
drag coef f ic ien t  based on Amax 
ca lcu la ted  t o  be 0.011. 
at the design Mach number of 3.0 w a s  
The contract ion r a t i o  A1/Ai at Mach 3.0 w a s  0.28 with an average 
throat recovery of 88 percent,  based on two-aimensional internal-f low 
considerat ions.  The spike could be t rans la ted  forward t o  reduce the  
cont rac t ion  r a t i o .  The d i f fuse r  area d i s t r ibu t ions  f o r  Mach numbers of 
3.0, 2.5, and 2.0 are presented i n  f igure  3 a t  spike pos i t i on  parameters 
S/D: of 0, 0.064, and 0.138, respectively.  
The model w a s  instrumented with s ta t ic -pressure  o r i f i c e s  on the  
centerbody and on the  cowl inner  and outer  surfaces ,  The loca t ion  of 
t h e  four sets of to ta l -pressure  rakes along the  d i f fuse r  i s  shown i n  
f igu re  3. I n l e t  mass flow w a s  computed from a measured s t a t i c  pressure 
j u s t  ahead of a remotely actuated cont ro l  plug with the  assumption of 
one-dimensional i sen t ropic  flow t o  the  ca l ib ra t ed  sonic discharge area.  
I 
This inves t iga t ion  was conducted i n  the  Lewis  10- by 10-foot super- 
sonic wind tunnel  a t  Mach numbers from 2.0 t o  3.5 and angles of a t t ack  
from 0' t o  10'. A t  the  design Mach number of 3.0 the  e f f e c t  of Reynolds 
Y 
IP 
03 
CD number w a s  obtained by varying t h e  tunnel  Reynolds number from O.50X1O6 
t o  2.5x1O6 per foot .  
RESULTS AND DISCUSSION 
The ove ra l l  performance of t h e  i n l e t  a t  zero angle of a t t ack  and 
various free-stream Mach numbers i s  presented i n  f igu re  4. 
Mach number of 3.0, the  bas i c  configurat ion (bleed only ahead of t he  
centerbody shoulder) had a peak to ta l -pressure  recovery of 83 percent at 
a mass-flow r a t i o  of 0.955. When the  i n l e t  unstar ted,  t he  performance 
f e l l  off along a l i n e  of constant corrected weight flow (dashed l i n e )  t o  
a recovery l e v e l  comparable with t h a t  of the  20° i sen t ropic  turning ahead 
of t he  l i p .  I n  addi t ion t o  the  poor performance with t h e  shock expelled,  
t he  i n l e t  pulsed i n  t h i s  region. The spike required a forward transla- 
t i o n  of 7 percent of t he  i n l e t  diameter t o  r e s t a r t  t he  flow. The i n t e r n a l  
a rea  var ia t ion  a t  t h i s  spike pos i t i on  would be about the  same as t h a t  
shown i n  f i g u r e  3 f o r  The performance of the  i n l e t  with- 
out any bleed i s  presented a t  Mach 3.0 t o  show the  importance of t he  small 
amount of bleed f o r  i n l e t s  of t h i s  type. With no bleed, the spike could 
not be r e t r ac t ed  t o  the  design point ,  and both mass-flow r a t i o  and peak 
recovery were s ign i f i can t ly  lower than with bleed. A t  Mach numbers l e s s  
than 3.0, t he  to ta l -pressure  recovery of t he  i n l e t  with shoulder bleed 
increased s t e a d i l y  with decreasing Mach number, reaching a value of 90.5 
percent a t  Mach 2.0. 
when the  shock w a s  expelled. A t  Mach 2.0, however, t h e  i n l e t  could be 
operated s t ab ly  as an  external-compression i n l e t  over a s m a l l  range of 
mass-flow r a t i o .  
A t  t he  design 
b 
S/Di P 0.064. 
A t  a Mach number of 2.5 the  i n l e t  again pulsed 
. 
The total-pressure recovery could be increased with addi t iona l  bleed 
behind the constant-area sect ion;  however, a t  the  design Mach number an 
addi t iona l  7.5 percent bleed w a s  required t o  increase t h e  recovery from 
83 t o  87 percent.  A t  t he  lower Mach numbers, s i m i l a r  recovery increases  
could be a t t a ined  with bleed, as shown by the  da t a  of f i g u r e  4; f o r  
example, a t  Mach 2.0, t he  to ta l -pressure  recovery w a s  increased from 90.5 
t o  93.5 percent with an addi t iona l  b leed  of 3 percent.  
e e  e o e  e e e e e  e e  e e e e  e e e e  e e  
e e e  o e e - e e  e e  e a  
e e e  e e e  e e 
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The measured cowl pressure drag coef f ic ien t  had a value of 0.012 a t  
The addi t ive  drag w a s  not measured 
Mach 3.0, referenced t o  maximum body area, and decreased s t e a d i l y  t o  a 
value of 0.009 at  Mach 2.0 ( f ig .  4). 
on t h i s  model; however, based on reference 3, an addi t ive  drag coe f f i c i en t  
of 0.12 i s  estimated f o r  s p i l l i n g  50 percent of the flow at  Mach 2.0. 
The development of t he  total-pressure p r o f i l e s  through the  subsonic 
d i f fuse r  from t h e  th roa t  t o  the  engine face  i s  presented i n  f igu re  5. A 
comparison of t h e  measured th roa t  recovery ( s t a t i o n  1) with the t h e o r e t i -  
c a l v a l u e  ind ica t e s  some overcompression i n  the  center  of t h e  passage. 
An inspect ion of s t a t i c -  and total-pressure measurements i n  the  region 
between the  cowl l i p  and the  i n l e t  th roa t  ind ica ted  t h a t  t h e  flow around 
the  second s t e p  w a s  e s sen t i a l ly  i sen t ropic .  Evidently t h e  bounday l aye r  
on the  inner  cowl surface bridged across the  step and s e t  up an i s en t rop ic  
shock f a n  around the  corner.  The r e l a t i v e l y  th i ck  boundary layer  on t h e  
spike and cowl surfaces  at s t a t i o n  2 suggests t h e  p o s s i b i l i t y  of f u r t h e r  
increasing t h e  ove ra l l  recovery by bleeding i n  this area, A comparison 
of t he  to ta l -pressure  p r o f i l e s  between s t a t i o n s  2 and 4 i nd ica t e s  that 
the  e f fec t iveness  of bleed j u s t  ahead of s t a t i o n  2 showed up increas ingly  
as the  flow diffused.  
The e f f e c t s  of overspeed on i n l e t  performance w e r e  inves t iga ted  
b r i e f l y  at a Mach number of 3.45 with the  aft-bleed configuration. 
peak to ta l -pressure  recovery of 59 percent was obtained with the  spike 
( f ig .  6 (a ) )  ind ica ted  t h a t  t he  oblique shocks from t h e  ex te rna l  spike 
could be placed inside the  cowl l i p  without uns t a r t i ng  the  i n l e t .  
ex t e rna l  shock s t ruc tu re  at and below design Mach number i s  presented i n  
f igu res  6(b) t o  (a). A t  Mach 3.0 the  i n i t i a l  shock and the  isen-  
t rop ic  f a n  focused very near ly  a t  the cow1 l i p ,  which ind ica ted  t h a t  most 
of the  reduct ion i n  mass f low at this speed w a s  due t o  the  i n t e r n a l  bleed 
flow. A t  Mach 2.0 the  spike has been extended t o  i t s  maximum th roa t  s ize .  
A t  Mach nmbers  below 2.0 the  in t e rna l  f low would detach and t h e  i n l e t  
would operate as an external-cmpression i n l e t  with a 200 i sen t ropic  spike,  
t he  mass flow being regulated by t h e  choked throa t .  
A 
r e t r a c t e d  s l i g h t l y  from the  Mach 3.0 posi t ion.  Schl ieren photographs 
The 
The e f f e c t s  of angle of a t t ack  on to ta l -pressure  recovery and mass- 
flow r a t i o  are presented i n  f i gu re  7 a t  Mach numbers of 3.0, 2.5, and 2.0 
fo r  the  shoulder-bleed i n l e t ,  The points shown represent  the  maximum 
pressure recovery obtained at each Mach number and angle of a t t ack  by 
t r a n s l a t i n g  t h e  spike. I n  a l l  cases, recovery and mass flow decrease 
with angle of a t tack ,  t he  r a t e  of decrease being about t h e  same as t h a t  
of t he  i n l e t  of reference 1 at  Mach 3.0. 
The e f f e c t s  of spike t r ans l a t ion  on i n l e t  recovery and mass-flow 
Both pressure recovery and mass-flow r a t i o  
r a t i o  at zero angle of a t tack  a re  presented i n  f i g u r e  8 f o r  a range of 
free-stream Mach numbers. 
decreased almost l i n e a r l y  with forward t r a n s l a t i o n  of t h e  spike at t h e  
6 
design speed, and t h e  r a t e  of decrease became smaller as t h e  Mach number 
was  reduced. An i n l e t  of t h i s  type, with mixed compression, has a very 
s h o r t  t r a n s l a t i o n  over t h e  Mach number range; f o r  example, operation 
from the design Mach number t o  Mach 2.0 and below (maximum t h r o a t  area) 
requi res  a t o t a l  movement of t h e  spike of about 13 percent of t h e  i n l e t  
diameter. The spike a l s o  had t o  be extended f o r  angle-of-attack opera- 
t i o n  ( f ig .  9 ) ,  and again t h e  amount of movement decreased with decreasing 
Mach number. 
The basic configuration (with shoulder b leed  only) had a d i s t o r t i o n  
of about 22 percent a t  Mach 3.0 with t h e  i n l e t  operating at c r i t i c a l  con- 
d i t i o n s  (fig. 10). This d i s t o r t i o n  d i d  not vary g r e a t l y  with Mach number, 
bu t  increased markedly with angle of a t t a c k  (da ta  not presented),  becoming 
60 percent a t  Mach 3.0 and a 10' angle of a t tack .  Additional bleed i n  
t h e  subsonic d i f f u s e r  reduced t h e  d i s t o r t i o n  a t  a l l  Mach numbersj f o r  
example, at Mach 3.0 t h e  d i s t o r t i o n  was  reduced from 2 1  t o  12  percent. 
The high d i s t o r t i o n  l e v e l  of t h i s  i n l e t  i s  due t o  i t s  shor t  length, high 
d i f fus ion  rate (equivalent t o  12O conica l  expansion), and high discharge 
Mach number (Mq 
t i o n  adversely ( re fs .  4 and 5). 
0.40), a l l  of which have been shown t o  a f f e c t  d i s t o r -  
The e f f e c t s  of Reynolds number, based on i n l e t  diameter, on t o t a l -  
pressure recovery and mass-flow r a t i o  a t  Mach 3.0 and zero angle of 
a t t a c k  are shown i n  f i g u r e  11. 
t h e  spike could not be r e t r a c t e d  t o  i t s  design p o s i t i o n j  consequently, 
bo th  pressure recovery and mass-flow r a t i o  decreased, as shown i n  f i g u r e  
11. This e f f e c t  r e s u l t e d  frm t h e  thickening of t h e  boundary layer  on 
t h e  spike and cowl and t h e  subsequent reduction i n  e f f e c t i v e  t h r o a t  area. 
A t  Reynolds numbers less than 2.0~10~ 
Some rep resen ta t ive  s t a t i c -p res su re  d i s t r i b u t i o n s  on both t h e  i n -  
t e r n a l  cowl and t h e  centerbody, from t h e  cowl l i p  s t a t i o n  t o  t h e  engine 
s t a t i o n ,  are presented i n  figure 12, p r imar i ly  t o  a i d  i n  t h e  design of 
con t ro l  systems f o r  t h i s  type i n l e t .  
and s u p e r c r i t i c a l  operation of t h e  shoulder bleed i n l e t  a t  Mach 3.0, 
while f i g u r e  12(b) presents  t h e  e f f e c t s  of free-stream Mach number a t  
t h e  peak recovery points.  A t  Mach 3.0 t h e  normal shock t r a i n  a t  peak 
recovery occurred i n  t h e  constant-area sec t ion  and w a s  pos i t ioned  very 
c lose  t o  t h e  i n l e t  t h r o a t  ( s t a t i o n  1). 
Figure .12(a) presents  t h e  c r i t i c a l  
SUMMARY OF FGSULTS 
A Mach 3.0 axisymmetric external-internal-compression i n l e t  was in-  
ves t iga ted  at Mach numbers from 2.0 t o  3.5. The following r e s u l t s  were 
obtained : 
1. A peak to ta l -pressure  recovery of 83 percent w a s  obtained a t  Mach 
3.0 with 4.5 percent b leed  ahead of t h e  centerbody shoulder. A cowl 
? 
4 
b 
7 
pressure drag c o e f f i c i e n t  of 0.012, based on maximum body area, was  ob- 
t a ined  with a 9-percent cowl pro jec ted  area. 
recovery of 90.5 percent w a s  obtained with a cowl drag coe f f i c i en t  of 
0.009, 
A t  Mach 2.0 a to ta l -pressure  
2.  The peak recovery was  increased at Mach 3.0 from 83 t o  87 percent 
with an add i t iona l  7.5 percent bleed i n  t h e  subsonic d i f f u s e r .  
2.0 an add i t iona l  3 percent b leed  i n  the d i f f u s e r  increased the  recovery 
from 90.5 t o  93.5 percent. 
A t  Mach 
Lewis Research Center 
National Aeronautics and Space Administration 
Cleveland, Ohio, September 16 ,  1959 
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Figure 5. - Total-pressure prof i les  i n  subsonic diff'user a t  Mach 
number of 2.98. Angle of attack, 0. 
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(a) Free-stream Mach number, %, 3.45; 
total-pressure recovery, p4/p0, o .59; 
mass-flow ratio, m4/%, 0.925; spike 
translation from design, 6/Di, -0.033. 
(b) Free-stream Mach number, Mg, 2.98; 
total-pressure recovery, Pq/Po, 0.827; 
mass-flow ratio, m4/%, 0.96; spike 
translation from design, 8/Di, 0. 
(c) Free-stream Mach number, Q, 2.50; 
mass-flow ratio, m4/m0, 0.718; spike 
translation from design, 6/Di , 0.064. 
(d) Free-stream Mach number, 
total-pressure recovery, P4/Po, 0.863; total-pressure recovery, 
mass-flow ratio, m4/%, 0.517; spike 
translation from design, 6/Di, 0.138. 
Figure 6. - External shock structure at zero angle of attack over range of Mach number. 
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Figure 8. - Effec t  of spike t rans la t ion  on i n l e t  performance. Angle of a t tack ,  0. 
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Figure 9. - Spike t r a n s l a t i o n  r equ i r ed  for  angle-of - a t t a c k  operation. 
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Figure 10. - Effect  of d i f fuse r  bleed on c r i t i c a l  i n l e t  d i s tor t ion .  
Angle of attack, 0. 
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Figure 11. - Effec t  of Reynolds number on 
c r i t i c a l  performance at Mach 2.98. Angle 
of a t tack,  0. 
c 
. 
> 
-I 
n 
0 
c 
3 
0 1  . x  
0 
d 
P 
cd 
k 
na, 
- 
- 3  -P 
m 
d a 
+rl 
. c d  
d 
4 
a 
N 
rl 
0 
19 
20 
a 0 0 0  
m o o  
&@id 
0 0 0  1 
c) 
;I 
m 
a0 
r- 
;la a\ . x  
0 
d 
c, 
Ld 
k 
ma, 
4 
2 c, 
m 
d a 
d r l  
. L d  
rl x 
4 
M 
N 
rl 
0 
NASA - Langley Field, Va. E 4 8 9  
